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Fig.1 Geometry of radiation incident and departing from
a differential area of a surface. :

= p/ (where p is the reflectance of the surface), and Eq. (5)
becomes
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For a perfectly specular sample, the quantity fin Eq. (2) is a
delta function so that
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In this case the stress Eq. (5), with p = p(60, ¢0) a;veraged
over the spectrum corresponding to (7, becomes
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Equation (3) gives the general case, whereas Eqgs. (6) and
(8) are special cases for directional irradiation and diffuse and
specular reflection, respectively. A final observation that may
be made is that, if 2 maximum solar radiation moment is de-
sired at a grazing angle of incidence, , >~ 80°~80°, as on a solar
rudder sail, a diffuse reflecting surface is more desirable than
a specular surface, and the best surface would be a grating
blazed such that I+ was directed along 6, = 0. Such a grating
could be made by embossing thin foil, for example.
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An Experimental Investigétion of the
Erosive Burning Characteristics of a
Nonhomogeneous Solid Propellant

M. J. Zucrow,* J. R. OsBorN,T axp J. M. MurprY {
Purdue University, Lafayette, Ind.

Nomenelature

A = area of the throat of the exhaust nozzle

A, = port area of the test section

g = acceleration due to gravity

k = ratio of specific heats of the combustion gases

M, = average Mach number of the combustion gases in the test
section

O/F = ratio of the oxidizer to the binder by % wt

pe = combustion pressure, psia

rp = linear burning rate

r = total burning rate, in./sec

r, = erosive burning rate (r — ro)

R = gas constant

SF = scalefactor defined by Eq. (1)

iy = propellant temperature; ie., its temperature prior to
ignition

t; = flame temperature of the combustion gases

u, = average velocity of the combustion gases, fps

up = threshold velocity of the combustion gases; velocity
above whichr >rg

Afy = burning time

Az = change in the position of the burning surface during At

I. Introduction

N general, the burning rate of a solid propellant, denoted
by r, is a complex function of many variables and may be
represented by the following functional relation':

r = 7'(?707 tf; ti: Ug, O/F)

In addition, it is a function of the composition of the pro-
pellant, the oxidizer particle size (in a composite propellant),
and the geometry of the propellant grain.

II. Experimental Investigation

The experiments were conducted with two-dimensional
rocket motors comprising a gas generator and a test section;
the propellant sample was burned in a two-dimensional test
section.

Figure 1 illustrates the essential features of the test sec-
tion; the propellant samples were bonded to its diverging
sides. The divergence of the latter was such that the axial
velocity of the combustion gases (discharged from the gas
generator) was substantially constant in the region where
they wetted the propellant samples.

In each experiment, the propellant sample burned in the
test section was taken from the same bath of propellant that
was burned in the gas generator. Consequently, there was
no significant difference in the composition of the gases pro-
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Fig. 1 Schematic diagram of photographic method for
determining the burning rate of a solid propellant sample.

duced by the gas generator and those wetting the surface of
the burning propellant sample located in the test section.

The test section was equipped with transparent Plexiglas
(Rohm and Haas) windows so that light could be transmitted
through the combustion chamber. A sample of the pro-
pellant to be investigated was mounted on the upper surface,
and another sample was mounted on the lower surface of the
test section; each sample was in the form of a parallelepiped
block 5 in. long, 1 in. wide, and % in. thick. The sides of
the upper propellant sample were visible through the fore-
mentioned windows.

Only the upper sample was photographed during the burn-
ing period; a 16-mm Fastax (model WF3) high-speed
framing camera was employed for that purpose. The

camera, which was equipped with a Wollensak 152-mm /4.5

cine telephoto lens, had a field of view approximately 1.5
in. in diameter. The camera was located with its optical
axis normal to the plane of the transparent window. The
average speed of the camera was approximately 720 frames/
sec, and the speed was adjusted for each static firing of the
research rocket motor; the aperture setting was {/32. All
of the photographs were taken with Ansco Type 229 (color)
film.© A time base on the film was provided by a small argon
lamp flashing at 120 ¢ps.? )
The combustion chamber pressure measurements were
made by conventional electrical pressure transducers (Wi-
ancko P 1951) and an oscillograph (Consolidated Electro-
dynamics Corporation Type 5-114-P4). The photographic
record and the pressure traces recorded by the oscillograph
were synchronized by employing separate event markers for
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Fig. 2 Effect of combustion pressure and propellant
temperature upon the linear burning rate of a solid propel-
lant (u,;=0).
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Fig. 3 Effect of combustion gas velocity and combustion
pressure on the total burning rate of a solid propellant.

recording the activation of the igniter circuit. In this way,
the burning rate of the propellant sample and its true
combustion pressure were coordinated. Details of the in-
strumentation are presented in Refs. 3 and 4.

Calculations of burning rate from experimental data

The burning rate r of a propellant sample was calculated
from the recession of the burning surface determined from
the high speed photographs of its combustion. The burning
rate was calculated by means of the following cquation.?

Thus
r = (SF)Ax/ At €))

The average Mach number of the combustion gases in the
test section M, was calculated from the equation?

Ay 1 {1 + [k — 1)/21M ;2| #+v/2e~D 0
Aw My &+ 1)/2 2

The average velocity of the combustion gases in the test
section u, was determined from the equation?

Uy = MulkgRt)VA1 + (b — 1)/2M.2712 (3)

The calculated values of the burning rate were then plotted
either as a function of the combustion chamber pressure
and/or the combustion gas velocity past the burning surface
of the propellant.

During an experiment, the following parameters were held
constant: 1) the composition of the combustion gases, 2)
the combustion pressure p., and 3) the propellant tempera-
ture ¢;.. The following variables were measured: 1) the
static pressure at the fore-end of the gas generator, 2) the
static pressures at the entrance and the exit sections of the
test section, and 3) the burning rate r of the propellant sample
located in the test section.

III. Experimental Results
Linear burning rate

The linear burning rate r, for the subject propellant was
determined by burning a propellant sample, with no flow of
combustion gas wetting the burning surface, in a small two-
dimensional rocket motor cmploying the photographic tech-
nique described previously.

Table 1 Range of parameters

Range of variation

400-600 psia
600~-3600 fps
60 == 5F

Parameter

Combustion pressure
Velocity of the combustion gases
Initial temperature
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Fig. 4 Burning rate of a solid propellant as a function of
chamber pressure with the combustion gas velocity as a
parameter.

Figure 2 presents ro, as a function of p, for t; = —15 =
5F, 60 == 5F, and 100 &= 5F. All measurements were made
at the same location from the fore-end of the propellant
sample.

The values of 7, determined with the research apparatus
differed from those obtained from large rocket motor firings
by less than 19. The burning rates measured with the
apparatus, at a given operating condition, were repetitive to
within 39,. A minimum of three experiments were con-
ducted at each operating point.+ 5

Combustion gas velocity

Table 1 presents the ranges over which u, and p, were
varied during the investigation. Figure 3 presents the total
burning rate r as a function of the combustion gas velocity
u, for the following eonstant values of combustion pressure:
p. = 400, 500, and 600 psia. The values of » measured at a
given operating condition were repetitive to within 49. At
each operating point, a minimum of two to four runs were
conducted. The curves indicate that for the particular pro-
pellant there is a “threshold” velocity u;, above which the
observed burning rate r is faster than the linear burning
rate ro; Fig. 3 shows that u,, is a function of p..

Figure 4 presents the logr as a function of the logp, for the
following constant values of u,: 0, 600, 1300, 2100, 2600,
and 3600 fps. The curve for 4, = 0 corresponds to the linear
burning rate 7, obtained at a propellant temperature ¢; =
60 = 5F.

Propellant temperature

Experiments were conducted for determining the influence
of the propellant temperature ¢; upon the burning rate r; the
latter includes the contribution due to erosive burning. Two
different values of propellant temperature were investigated:
t: = —15 &= 5and t; = 100 &= 5F. Table 2 presents the re-
sults obtained from experiments for determining the influence
of t;.

The data presented in Table 2 indicate that the erosive
burning rate 7, is influenced by the initial temperature of
the propellant ¢; and increases as {; decreases.

IV. Conclusions

Based on the experiments discussed in this paper, the
following conclusions, pertinent to the subjeet propellant,
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Table 2 Comparison of burning rates as a function
of initial temperature (&;)

Parameter —~15F 60F 60F 100F
Combustion pressure, psia 535 547 652 620
Velocity of the combustion gases,

fps 2460 2560 3140 3180
Total burning rate r, in. /sec 0.38 0.37 0.42 0.36
Linear burning rate 7o, in. /sec 0.28 0.31 0.33 0.32
Erosive burning rate r., in. /sec 0.10 0.06 0.09 0.04

may be drawn: 1) the photographic technique permits
determining the instantaneous (less than 0.1 sec) burning
rate r of a solid propellant sample; 2) under erosive burning
conditions, the subject solid propellant exhibits a threshold
velocity, which is pressure dependent; 3) limited experi-
ments indicate that a decrease in the propellant temperature
t; produces an increase in the erosive burning rate r, of the
propellant.
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Characteristics of Supersonic Ejector
Systems with Nonconstant Area Shroud

W. L. Crow* anp P. S. Yeut
Unawversity of Illinos, Urbana, I1l.

N our recent studies of supersonic ejector systems,! 2 a

flow model has been developed stressing the detailed in-
viseid and viscid interaction between the primary and the
secondary streams. The flow phenomena associated with
various flow regimes were described and analyzed. The
theoretical results thus calculated for ejector systems with
cylindrical constant area shrouds were in excellent agreement
with those obtained from experiments. This analysis has
also been applied to study the starting characteristics of ejec-
tor systems.? It is intended here to show the applicability
of this method to ejector systems with nonconstant area
shrouds. The theoretical calculations are only carried: out
for the “supersonic regime” of the system where the ambient
pressure ratio P./P,, is kept at such low level that it will
exert no influence on the flows at the upstream. For the pur-
pose of comparison, experimental results are also obtained for
the calculated ejector systems.
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